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(54) DIRECTIONAL COOLING ARRANGEMENT FOR TURBINE AIRFOILS

(57) An airfoil (61; 161; 262; 361) includes an internal
wall (189; 289; 389) and an external wall (188; 288; 388).
The external wall (188; 288; 388) defines pressure and
suction sides (P, S) between a leading edge (66; 166;
266; 366) and a trailing edge (68; 168), and the airfoil
section (65; 165) defines a mean camber line(75; 175;
275; 375) that extends between the leading and trailing
edges (66, 68; 166, 168; 266; 366) to bisect a thickness
of the airfoil section(65; 165). A first cavity (184; 284;
384) and a second cavity (186; 286; 386) are separated
by the internal wall (189; 289; 389). The second cavity
(186; 286; 386) is bounded by the external wall (188;
288; 388) at the leading edge (66; 166; 266; 366). At least
one crossover passage (194; 294; 394) within the internal
wall (189; 289; 389) connects the first cavity (184; 284;
384) to the second cavity (186; 286; 386). The crossover
passage (194; 294; 394) defines a passage axis (PA).
The passage axis (PA) defines a passage angle (θ) with
respect to the mean camber line (75; 175; 275; 375) such
that the passage axis (PA) extends transversely from the
mean camber line (75; 175; 275; 375) to intersect a sur-
face of the second cavity (186; 286; 386).
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Description

BACKGROUND

[0001] This disclosure relates to cooling for a compo-
nent of a gas turbine engine, including a component hav-
ing one or more impingement cooling features.
[0002] Gas turbine engines can include a fan for pro-
pulsion air and to cool components. The fan also delivers
air into an engine core where it is compressed. The com-
pressed air is then delivered into a combustion section,
where it is mixed with fuel and ignited. The combustion
gas expands downstream over and drives turbine blades.
Static vanes are positioned adjacent to the turbine blades
to control the flow of the products of combustion. The
blades and vanes are subject to extreme heat, and thus
cooling schemes are utilized for each.

SUMMARY

[0003] An airfoil according to an example of the present
disclosure includes an internal wall and an external wall.
The external wall defines pressure and suction sides be-
tween a leading edge and a trailing edge, and the airfoil
section defines a mean camber line that extends between
the leading and trailing edges to bisect a thickness of the
airfoil section. A first cavity and a second cavity are sep-
arated by the internal wall. The second cavity is bounded
by the external wall at the leading edge. At least one
crossover passage within the internal wall connects the
first cavity to the second cavity. The crossover passage
defines a passage axis. The passage axis defines a pas-
sage angle with respect to the mean camber line such
that the passage axis extends transversely from the
mean camber line to intersect a surface of the second
cavity.
[0004] In an embodiment, the passage angle is be-
tween 45 degrees and 75 degrees.
[0005] In a further embodiment of any of the foregoing
embodiments, the passage axis intersects the suction
side.
[0006] In a further embodiment of any of the foregoing
embodiments, the passage axis intersects the pressure
side.
[0007] In a further embodiment of any of the foregoing
embodiments, the airfoil section extends in a spanwise
direction from a 0% span position to a 100% span posi-
tion, and an outlet of the at least one crossover passage
is defined at a span position that is between an 80% span
position and the 100% span position.
[0008] In a further embodiment of any of the foregoing
embodiments, the passage angle is between 15 degrees
and 90 degrees.
[0009] A further embodiment of any of the foregoing
embodiments includes a plurality of film cooling passag-
es within the external wall that extend from a surface of
the second cavity. The passage axis intersects the ex-
ternal wall at an intersection point, and the second cavity

is free of any film cooling passages aft of the intersection
point.
[0010] In a further embodiment of any of the foregoing
embodiments, the mean camber line intersects the at
least one crossover passage.
[0011] In a further embodiment of any of the foregoing
embodiments, the passage axis intersects the suction
side.
[0012] In a further embodiment of any of the foregoing
embodiments, the at least one crossover passage ex-
tends between an inlet and an outlet, the outlet spaced
apart from the external wall.
[0013] In a further embodiment of any of the foregoing
embodiments, the airfoil is a turbine blade.
[0014] A casting core for an airfoil according to an ex-
ample of the present disclosure includes a first portion
that corresponds to a leading edge cavity of an airfoil and
a second portion that corresponds to a second cavity of
the airfoil. The airfoil defines a mean camber line that
bisects a thickness of the airfoil between pressure and
suction sides of the airfoil. A plurality of connectors couple
the first portion and the second portion. The plurality of
connectors correspond to a plurality of crossover pas-
sages of the airfoil. Each of the plurality of connectors
define a passage axis. The passage axis of each of the
plurality of connectors is arranged at a corresponding
passage angle relative to the mean camber line. The pas-
sage angle is between 15 degrees and 90 degrees.
[0015] In an embodiment, the mean camber line inter-
sects at least one of the plurality of crossover passages.
[0016] In a further embodiment of any of the foregoing
embodiments, the airfoil is a turbine airfoil.
[0017] A gas turbine engine according to an example
of the present disclosure includes an array of airfoils cir-
cumferentially distributed about an engine axis. Each air-
foil of the array of airfoils has an airfoil section that has
pressure and suction sides between a leading edge and
a trailing edge. The airfoil section defines a mean camber
line that extends between the leading and trailing edges
to bisect a thickness of the airfoil section. Facing pressure
and suction sides of adjacent airfoils define a throat. The
throat is defined as a minimum distance between the
facing pressure and suction sides at a respective span
position. An airfoil section includes an external wall and
an internal wall. A first cavity and a second cavity are
separated by the internal wall. The second cavity is
bounded by the external wall at the leading edge. A plu-
rality of crossover passages within the internal wall con-
nects the first cavity to the second cavity. Each of the
plurality of crossover passages define a passage axis.
The passage axis of each of the plurality of crossover
passages is arranged at a corresponding passage angle
relative to the mean camber line such that the passage
axis of each of the plurality of crossover passages inter-
sects the external wall at a location between the throat
and an aftmost location of the second cavity with respect
to the engine axis.
[0018] In an embodiment, the airfoil section extends in
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a radial direction with respect to the engine axis from a
0% span position to a 100% span position, and an outlet
of each of the plurality of crossover passage is defined
at a respective span position that is between a 80% span
position and the 100% span position.
[0019] A further embodiment of any of the foregoing
embodiments includes a plurality of film cooling passag-
es within the external wall that extend from a surface of
the second cavity. The passage axis of at least some of
the plurality of crossover passages intersects the exter-
nal wall at an intersection point, and the second cavity is
free of any film cooling passages aft of the intersection
point.
[0020] In a further embodiment of any of the foregoing
embodiments, the passage axis of each of the plurality
of crossover passages intersects the suction side.
[0021] In a further embodiment of any of the foregoing
embodiments, the gas turbine engine comprises a com-
pressor section and a turbine section, with the array of
airfoils located in at least one of the compressor section
and the turbine section.
[0022] In a further embodiment of any of the foregoing
embodiments, the array of airfoils are rotatable blades.
[0023] Although the different examples have the spe-
cific components shown in the illustrations, embodiments
of this disclosure are not limited to those particular com-
binations. It is possible to use some of the components
or features from one of the examples in combination with
features or components from another one of the exam-
ples.
[0024] The various features and advantages of this in-
vention will become apparent to those skilled in the art
from the following detailed description of an embodiment.
The drawings that accompany the detailed description
can be briefly described as follows.

BRIEF DESCRIPTION OF THE DRAWINGS

[0025]

Figure 1 schematically shows a gas turbine engine.
Figure 2 schematically shows an airfoil arrangement
for a section of a gas turbine engine.
Figure 3 is a schematic view of airfoil span positions.
Figure 4A illustrates a cross sectional view of adja-
cent airfoils according to a first embodiment.
Figure 4B illustrates a cross sectional view of adja-
cent airfoils according to a second embodiment.
Figure 5A illustrates a side view of a first exemplary
cooling arrangement with an airfoil shown in phan-
tom.
Figure 5B illustrates a cross sectional view of the
cooling arrangement of Figure 5A along line 5B-5B.
Figure 6 illustrates a second exemplary cooling ar-
rangement.
Figure 7 illustrates a third exemplary cooling ar-
rangement.
Figure 8 illustrates a casting core for a cooling ar-

rangement.

[0026] Like reference numbers and designations in the
various drawings indicate like elements.

DETAILED DESCRIPTION

[0027] Figure 1 schematically illustrates a gas turbine
engine 20. The gas turbine engine 20 is disclosed herein
as a two-spool turbofan that generally incorporates a fan
section 22, a compressor section 24, a combustor section
26 and a turbine section 28. Alternative engines might
include an augmentor section (not shown) among other
systems or features. The fan section 22 drives air along
a bypass flow path B in a bypass duct defined within a
nacelle 15, while the compressor section 24 drives air
along a core flow path C for compression and communi-
cation into the combustor section 26 then expansion
through the turbine section 28. Although depicted as a
two-spool turbofan gas turbine engine in the disclosed
non-limiting embodiment, it should be understood that
the concepts described herein are not limited to use with
two-spool turbofans as the teachings may be applied to
other types of turbine engines including three-spool ar-
chitectures.
[0028] The exemplary engine 20 generally includes a
low speed spool 30 and a high speed spool 32 mounted
for rotation about an engine central longitudinal axis A
relative to an engine static structure 36 via several bear-
ing systems 38. It should be understood that various
bearing systems 38 at various locations may alternatively
or additionally be provided, and the location of bearing
systems 38 may be varied as appropriate to the applica-
tion.
[0029] The low speed spool 30 generally includes an
inner shaft 40 that interconnects a fan 42, a first (or low)
pressure compressor 44 and a first (or low) pressure tur-
bine 46. The inner shaft 40 is connected to the fan 42
through a speed change mechanism, which in exemplary
gas turbine engine 20 is illustrated as a geared architec-
ture 48 to drive the fan 42 at a lower speed than the low
speed spool 30. The high speed spool 32 includes an
outer shaft 50 that interconnects a second (or high) pres-
sure compressor 52 and a second (or high) pressure tur-
bine 54. A combustor 56 is arranged in exemplary gas
turbine 20 between the high pressure compressor 52 and
the high pressure turbine 54. A mid-turbine frame 57 of
the engine static structure 36 is arranged generally be-
tween the high pressure turbine 54 and the low pressure
turbine 46. The mid-turbine frame 57 further supports
bearing systems 38 in the turbine section 28. The inner
shaft 40 and the outer shaft 50 are concentric and rotate
via bearing systems 38 about the engine central longitu-
dinal axis A which is collinear with their longitudinal axes.
[0030] The core airflow is compressed by the low pres-
sure compressor 44 then the high pressure compressor
52, mixed and burned with fuel in the combustor 56, then
expanded over the high pressure turbine 54 and low pres-
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sure turbine 46. The mid-turbine frame 57 includes air-
foils 59 which are in the core airflow path C. The turbines
46, 54 rotationally drive the respective low speed spool
30 and high speed spool 32 in response to the expansion.
It will be appreciated that each of the positions of the fan
section 22, compressor section 24, combustor section
26, turbine section 28, and fan drive gear system 48 may
be varied. For example, gear system 48 may be located
aft of combustor section 26 or even aft of turbine section
28, and fan section 22 may be positioned forward or aft
of the location of gear system 48.
[0031] The engine 20 in one example is a high-bypass
geared aircraft engine. In a further example, the engine
20 bypass ratio is greater than about six, with an example
embodiment being greater than about ten, the geared
architecture 48 is an epicyclic gear train, such as a plan-
etary gear system or other gear system, with a gear re-
duction ratio of greater than about 2.3 and the low pres-
sure turbine 46 has a pressure ratio that is greater than
about five. In one disclosed embodiment, the engine 20
bypass ratio is greater than about ten, the fan diameter
is significantly larger than that of the low pressure com-
pressor 44, and the low pressure turbine 46 has a pres-
sure ratio that is greater than about five. Low pressure
turbine 46 pressure ratio is pressure measured prior to
inlet of low pressure turbine 46 as related to the pressure
at the outlet of the low pressure turbine 46 prior to an
exhaust nozzle. The geared architecture 48 may be an
epicycle gear train, such as a planetary gear system or
other gear system, with a gear reduction ratio of greater
than about 2.3:1. It should be understood, however, that
the above parameters are only exemplary of one embod-
iment of a geared architecture engine and that the
present invention is applicable to other gas turbine en-
gines including direct drive turbofans.
[0032] A significant amount of thrust is provided by the
bypass flow B due to the high bypass ratio. The fan sec-
tion 22 of the engine 20 is designed for a particular flight
condition -- typically cruise at about 0.8 Mach and about
35,000 feet (10,668 m). The flight condition of 0.8 Mach
and 35,000 ft (10,668 m), with the engine at its best fuel
consumption - also known as "bucket cruise Thrust Spe-
cific Fuel Consumption (’TSFC’)" - is the industry stand-
ard parameter of lbm of fuel being burned divided by lbf
of thrust the engine produces at that minimum point. "Low
fan pressure ratio" is the pressure ratio across the fan
blade alone, without a Fan Exit Guide Vane ("FEGV")
system. The low fan pressure ratio as disclosed herein
according to one non-limiting embodiment is less than
about 1.45. "Low corrected fan tip speed" is the actual
fan tip speed in ft/sec divided by an industry standard
temperature correction of [(Tram °R) / (518.7 °R)]0.5

where °R = K x 9/5 . The "Low corrected fan tip speed"
as disclosed herein according to one non-limiting em-
bodiment is less than about 1150 ft / second (350.5 m/s).
[0033] Figure 2 shows selected portions of a section
53 of a gas turbine engine, such as a portion of the com-
pressor section 24 or the turbine section 28 of the engine

20 of Figure 1. The section 53 includes a rotor 60 carrying
one or more airfoils 61 for rotation about the central axis
A. In this disclosure, like reference numerals designate
like elements where appropriate and reference numerals
with the addition of one-hundred or multiples thereof des-
ignate modified elements that are understood to incor-
porate the same features and benefits of the correspond-
ing original elements. In this example, each airfoil 61 in-
cludes a platform 62 and an airfoil section 65 extending
in a spanwise or radial direction R from the platform 62
to a tip 64. The airfoil section 65 generally extends in an
axial or chordwise direction C between a leading edge
66 to a trailing edge 68, and in a circumferential or thick-
ness direction T between suction and pressure sides S,
P. A root section 67 of the airfoil 61 is mounted to the
rotor 60, for example. It should be understood that the
airfoil 61 can alternatively be integrally formed with the
rotor 60, which is sometimes referred to as an integrally
bladed rotor (IBR). The airfoil 61 is rotatable about the
central axis A.
[0034] A blade outer air seal (BOAS) 69 is spaced ra-
dially outward from the tip 64 of the airfoil section 65. A
vane 70 is positioned along the engine axis A and adja-
cent to the airfoil 61. The vane 70 includes an airfoil sec-
tion 71 extending between an inner platform 72 and an
outer platform 73 to define a portion of the core flow path
C. The section 53 includes multiple airfoils 61, vanes 70,
and blade outer air seals 69 arranged circumferentially
about the engine axis A. Although the exemplary cooling
arrangements discussed in the disclosure primarily refer
to a rotatable airfoil 61 or turbine blade, the teachings
herein can also be utilized for another portion of the en-
gine 20 including static airfoils such as vane 70, for ex-
ample.
[0035] Referring to Figure 3, span positions are sche-
matically illustrated from 0% to 100% in 10% increments
to define a plurality of sections 74. Each section 74 at a
given span position is provided by a conical cut that cor-
responds to the shape of segments of the core flow path
C (Figure 1), as shown by the large dashed lines. In the
case of an airfoil 61 with an integral platform, the 0%
span position corresponds to the radially innermost lo-
cation where the airfoil 61 meets the fillet joining the airfoil
section 65 to the platform 62. Span position may be rel-
ative to the platform 62, such as 0% span at the platform
62 and 100% span at the tip 64, for example. In the case
of an airfoil 61 without an integral platform, the 0% span
position corresponds to the radially innermost location
where the discrete platform 62 meets the exterior surface
of the airfoil section 65 (or the inner platform 72 of vane
70). A 100% span position corresponds to a section of
the airfoil 61 at the tip 64 (or the outer platform 73 of vane
70).
[0036] Figure 4A shows an isolated view of a pair of
adjacent airfoils designated as leading airfoil 61A and
following airfoil 61B at a first location, such as at a first
span position or a location in the turbine section 28. The
airfoils 61A, 61B of Figure 4A may correspond to high lift
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airfoils, for example, which are discussed in more detail
below. As shown, each airfoil 61A/61B is sectioned at a
radial position between the root section 67 and the tip 64
(Figures 2 and 3). A chord dimension (CD), which is the
length between the leading and trailing edges 66A/66B,
68A/68B of the airfoil 61A/61B, forms an angle, or stagger
angle α, relative to the chordwise direction C or to a plane
parallel to the engine’s central longitudinal axis A (Fig-
ures 2 and 3). The chord dimension (CD) may vary along
the span of the airfoil 61A/61B.
[0037] Each airfoil 61A/61B can have an asymmetrical
cross-sectional profile characterized by a mean camber
line 75. The mean camber line 75 extends between lead-
ing and trailing edges 66A/66B, 68A/68B to bisect a thick-
ness of the airfoil 61 in the circumferential or thickness
direction T.
[0038] Each airfoil 61A/61B defines a camber angle
(β) defined by a tangential projection of the mean camber
line 75 at the leading and trailing edges 66A/66B,
68A/68B. The camber angle (β) can differ at various span
positions. For example, the camber angle (β) can de-
crease as span position increases. In some examples,
the camber angle (β) is less than about 45 degrees, or
more narrowly less than about 15 degrees, between the
80% span position and the 100% span position, which
may be utilized with high lift airfoil geometries, for exam-
ple. For the purposes of this disclosure, the term "about"
means 63% of the stated value unless otherwise dis-
closed.
[0039] The leading edges 66A, 66B or trailing edges
68A, 68B of the adjacent airfoils 61A, 61B are separated
by a gap or circumferential pitch (CP) in the circumfer-
ential or thickness direction T to define an airfoil passage
76. Facing pressure and suction sides P, S of adjacent
airfoils 61A, 61B define a throat 77. The throat 77 is de-
fined as a minimum distance between the facing pressure
and suction sides P, S of adjacent airfoils 61A, 61B at a
respective span position (see Figure 3). The throat 77
can include a component in the axial or chordwise direc-
tion C in addition to a component in the circumferential
or thickness direction T. The minimum distance corre-
sponds to a gauge point GP along surfaces of respective
facing pressure and suction sides P, S of adjacent airfoils
61A, 61B. A location of the gauge point GP can vary
depending on a geometry of the corresponding airfoils
61. Figure 4B shows an isolated view of a pair of adjacent
airfoils designated as leading airfoil 61A’ and following
airfoil 61B’ at a second location, such as second span
position, or at a location in the compressor section 24,
for example.
[0040] In some examples, the airfoil 61 is a "high lift"
airfoil. For the purposes of this disclosure, the term "high
lift airfoil" means an airfoil design that has an airfoil shape
that allows for reduced airfoil count due to its ability to
extract more work than a conventional airfoil. High lift
airfoils provide an improvement in efficiency and weight
reduction. In using a high lift design, the airfoil stagnation
point is shifted from a leading edge nose, where it is lo-

cated on a conventional airfoil, to the pressure side to-
wards the tip of the airfoil. In addition, the suction side
gauge line, in which the gas Mach number is at the great-
est, on a high lift airfoil can occur much closer to the
leading edge nose than a conventional airfoil. An exem-
plary high lift airfoil is disclosed in U.S. Patent Application
Serial No. 14/767,768, entitled "Gas Turbine Engine High
Lift Airfoil Cooling in Stagnation Zone," filed on August
13, 2015 (now published as U.S. Publication No.
2016/0010463).
[0041] In examples, a cross section of the airfoil 61 at
span position adjacent to the tip 64 are substantially thin
and relatively long, and can have a relatively large
amount of twist about a radial axis of the airfoil 61. For
example, a maximum thickness of the airfoil 61 at span
positions between 80% span and 100% span can be less
than 25% of a maximum thickness of the airfoil 61 at 0%
span, or more narrowly less than 10% of the maximum
thickness of the airfoil 61 at 0% span. In other examples,
the chord dimension (CD) of the airfoil 61 at span posi-
tions between 80% span and 100% span is greater than
the chord dimension (CD) at 0% span, such as 125% or
greater than the chord dimension (CD) at 0% span. Sec-
tions of example high lift airfoils are illustrated by airfoils
261 and 361 (Figures 6 and 7). A localized region of the
airfoil 61 between the leading edge 66 and the gauge
point GP, including the suction side S of high lift airfoils,
can be susceptible to distress due to exposure of rela-
tively high pressures and/or temperatures along the core
flow path C (Figure 1), including oxidation, erosion, burn-
through and thermal-mechanical fatigue.
[0042] Figures 5A and 5B illustrate an exemplary cool-
ing arrangement 180 for an airfoil 161, such as the airfoil
61 of Figure 2. Although the exemplary cooling arrange-
ments discussed in the disclosure primarily refer to a
compressor or turbine blade, the teachings herein can
also be utilized for another portion of the engine 20 such
as vane 70 of Figure 2, for example.
[0043] At least one radial cooling passage 182 (only
one shown for illustrative purposes) is provided between
pressure and suction sides P, S in the thickness direction
T. Each radial cooling passage 182 extends from a root
section 167 through a platform 162 and toward a tip 164
to communicate coolant to various portions of the airfoil
161. Each radial cooling passage 182 is configured to
receive coolant from a coolant source CS (shown sche-
matically). Exemplary coolant sources CS can include
bleed air from an upstream stage of the compressor sec-
tion 24, bypass air from the bypass flow path B (Figure
1), or a secondary cooling system aboard the aircraft, for
example.
[0044] The cooling arrangement 180 includes a feed-
ing cavity 184 (or one of a first cavity and a second cavity)
and an impingement cavity 186 (or the other one of the
first cavity and the second cavity) extending in the radial
direction R (only one feeding cavity 184 and one impinge-
ment cavity 186 shown in Figure 5A for illustrative pur-
poses). One of the radial passages 182 or another source
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can communicate coolant to the feeding cavity 184 for
delivery to the impingement cavity 186.
[0045] The feeding cavity 184 and impingement cavity
186 can be formed in various locations of the airfoil 161.
In some examples, the impingement cavity 186 is bound-
ed by an external wall 188 of the airfoil 161. The external
wall 188 defines pressure and suction sides P, S between
leading and trailing edges 166, 168 of the airfoil section
165. In the illustrative example of Figures 5A and 5B, the
impingement cavity 186 is located at the leading edge
166. In another example, the impingement cavity 186 is
located at the trailing edge 168 or between the leading
and trailing edges 166, 168 as shown in Figure 5B. The
airfoil section 165 can include multiple feeding cavities
184 and/or impingement cavities 186 to provide cooling
to various portions of the airfoil section 165, as illustrated
in Figure 5B.
[0046] The airfoil 161 may include one or more film
cooling holes or passages 190 in fluid communication
with the feeding cavities 184 and/or impingement cavities
186 to provide film cooling to various surfaces of the airfoil
161. The film cooling passages 190 may extend from a
surface of the impingement cavity 186, for example. In
some examples, the film cooling passages 190 are lo-
cated within the external wall 188 at the leading edge
166, the trailing edge 168, or another location of the airfoil
161.
[0047] In some examples, the airfoil 161 includes a
thermal barrier coating (TBC) or coating system 192
(shown in dashed lines in Figure 5B) on an exterior sur-
face of the airfoil section 165 to reduce heat transfer be-
tween the gas path and the airfoil section 165. The ther-
mal barrier coating 192 can include, but is not limited to,
a ceramic material such as yttria-stabilized zirconia
(YSZ). The thermal barrier coating 192 can further in-
clude a bond layer to facilitate adherence to the substrate.
[0048] One or more crossover passages 194 are lo-
cated within an internal wall 189 of the airfoil section 165,
and can be arranged to provide directional or impinge-
ment cooling to relatively high heat load regions of the
airfoil 161. The internal wall 189 is arranged to space
apart or otherwise separate a respective feeding cavity
184 and impingement cavity 186. A portion of the airfoil
section 165 defines a reference plane RF extending in
the spanwise or radial direction R. The reference plane
RF is defined along a surface of the internal wall 189
bounding the impingement cavity 186, and can be trans-
verse to mean camber line 175 (Figure 5B). The refer-
ence plane RF can be generally planar or can include a
curvilinear component, for example. The reference plane
RF can include an axial twist between platform 162 and
the tip 164.
[0049] In some examples, the mean camber line 175
intersects one or more of the crossover passages 194
(e.g., crossover passage 194A of Figure 5B). In the illus-
trative example of Figure 5B, only one crossover passage
194A is located at the corresponding span position to
feed impingement cavity 186A adjacent to the leading

edge 166. In other examples, two or more crossover pas-
sages are located at the corresponding span position to
feed impingement cavity adjacent to the leading edge
(see, e.g., crossover passages 394, 394’ of Figure 7).
[0050] Each crossover passage 194 extends between
an inlet port 195 and an outlet port 196 to connect a re-
spective feeding cavity 184 and impingement cavity 186.
Each of the crossover passages 194 defines a passage
axis PA that intersects a surface of the impingement cav-
ity 186 and/or the feeding cavity 184. The passage axis
PA can be substantially linear or can include curvilinear
portions between the inlet port 195 and outlet port 196,
and can intersect the external wall 188 at locations along
and/or aft of a leading edge region of the airfoil 161. For
the purposes of this disclosure, the term "leading edge
region" includes a region within 615% of a partial leading
edge cavity perimeter of the impingement cavity 186 at
the leading edge 166, unless otherwise disclosed. The
partial leading edge cavity perimeter of the impingement
cavity 186 is defined as a perimeter of the impingement
cavity 186 at the leading edge 166, exclusive of the in-
ternal wall or rib 189.
[0051] The crossover passages 194 are arranged such
that coolant provided to the feeding cavity 184 is there-
after communicated to the impingement cavity 186. The
coolant is communicated to the impingement cavity 186
to selectively provide impingement cooling to one or more
portions of the external wall 188 of the airfoil 161. In the
illustrated example, the airfoil 161 includes impingement
cavity 186 that is bounded by external wall 188 at the
leading edge 166. In some examples, one or more of the
crossover passages 194 are arranged such that the re-
spective outlet port 196 is spaced apart from the external
wall 188 (e.g., crossover passage 194A of Figure 5B).
[0052] The crossover passages 194 are shown in Fig-
ure 5A as having a uniform distribution in the radial di-
rection R. In other examples, the airfoil 161 includes a
non-uniform distribution of at least some of the crossover
passages 194 in the radial direction R. Although a par-
ticular quantity of crossover passages 194 is shown, the
airfoil 161 can include fewer or more crossover passages
194.
[0053] Each passage axis PA of crossover passage
194 defines a first or radial angle (γ) (Figure 5A) relative
to the reference plane RF. In some examples, the radial
angle (γ) is substantially perpendicular to the reference
plane RF such that the crossover passage 194 is sub-
stantially parallel with the engine axis A. In other exam-
ples, the radial angle (γ) is transverse to the reference
plane RF such that the crossover passage 194 is trans-
verse to the engine axis A and slopes towards one of the
platform 162 or the tip 164.
[0054] The passage axis PA can define a second or
passage angle (θ) (Figure 5B) with respect to the mean
camber line 175 such that the crossover passage 194
ejects coolant onto surfaces of the impingement cavity
186 along the passage axis PA to cool a desired portion
of the airfoil 161, such as portions of the external wall
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188. The passage axis PA can include curvilinear por-
tions between the inlet port 195 and outlet port 196, for
example, but the passage angle (θ) is defined by a linear
projection of the passage axis PA from the intersection
of the passage axis PA and the reference plane RF at
the outlet port 196. The mean camber line 175 can in-
clude a curvilinear portion that intersects the passage
axis PA, but in this arrangement the passage angle (θ)
is defined by a tangential projection of the curvilinear por-
tion from the intersection of the passage axis PA and the
mean camber line 175.
[0055] In the illustrated example of Figure 5B, the pas-
sage angle (θ) of crossover passage 194A is defined
such that the passage axis PA extends transversely from
the mean camber line 175 to intersect a surface of the
impingement cavity 186 and to intersect the suction side
S of the external wall 188. The crossover passage 194
can be defined along various locations of the internal wall
189 or rib, and outlet port 196 can be defined along var-
ious locations relative to the reference plane RF, includ-
ing toward the suction side S (e.g., crossover passage
294 of Figure 6) or the pressure side P of the airfoil 161.
In the illustrated example of Figure 5B, at least some or
each of the crossover passages 194 is arranged such
that the respective passage axis PA intersects the suc-
tion side S of the external wall 188 (e.g., crossover pas-
sage 194A). In the illustrative example of Figure 7, the
passage angle (θ) is defined with respect to the mean
camber line 375 such that the passage axis PA intersects
a surface of the impingement cavity 386 and intersects
the pressure side P of the external wall 388.
[0056] The passage angle (θ) can face toward the re-
spective pressure or suction side P, S intersected by the
passage axis PA (see, e.g., crossover passage 194A of
Figure 5B, and crossover passage 394 of Figure 7). In
some examples, the passage angle (θ) is between about
15 degrees and about 90 degrees, or more narrowly be-
tween about 45 degrees and about 75 degrees. In ex-
amples, the outlet port 196 of at least one, or more than
one, of the crossover passages 194 is defined at a span
position that is between a 80% span position and the
100% span position (see, e.g., crossover passage 194A),
and can be arranged with respect to the mean camber
line 175 utilizing any of the techniques disclosed herein.
[0057] The passage angle (θ) of at least some of the
crossover passages 194 can change in the radial direc-
tion R. In some examples, the passage angle (θ) of at
least some or each of the crossover passages 194 chang-
es in the radial direction R such that the passage angles
(θ) are generally progressively larger or smaller. In other
examples, the crossover passages 194 are arranged
such that the passage angles (θ) increase as span posi-
tion increases for each, or at least some of, the crossover
passages 194. In yet other examples, the crossover pas-
sages 194 are arranged such that the passage angles
(θ) decrease as span position increases for each, or at
least some of, the crossover passages 194.
[0058] The passage axis PA of at least some of the

plurality of crossover passages 194 can intersect the ex-
ternal wall 188 at a respective intersection point PI (Fig-
ure 5B). The intersection point PI may coincide with the
respective gauge point GP, or may be defined aft of the
gauge point GP’ as illustrated by Figure 5B. In some ex-
amples, the gauge point GP is located at about 50% to
about 75% of the distance between the terminal portion
of the leading edge 166 and the intersection point P1.
[0059] The passage axis PA of at least one, or each,
of the crossover passages 194 is arranged at a corre-
sponding passage angle (θ) such that the passage axis
PA of the respective crossover passage(s) 194 intersects
the external wall 188 at a location between the throat 77
(Figures 4A and 4B) and an aftmost location of the im-
pingement cavity 186 with respect to the engine axis A
(Figure 1). In the illustrated example of Figure 5B, the
impingement cavity 186 is free of any film cooling pas-
sages 190 aft of the gauge point GP or the intersection
point PI for at least a respective span position of the airfoil
section 165 (or substantially each span position). In al-
ternative examples, the impingement cavity 186 includes
at least one film cooling passage 190’ (shown in dashed
lines in Figure 5B) aft of the gauge point GP and/or in-
tersection point P1. The arrangement of the crossover
passage(s) 194 relative to the mean camber line 175
utilizing the teachings herein can provide cooling aug-
mentation to adjacent portions of the external wall 188
without the need for introducing film cooling passages
downstream of the gauge point GP and/or intersection
point PI which can result in aerodynamic losses.
[0060] Figure 8 illustrates a portion of a casting core
497. The casting core 497 can be utilized in a casting
process to form the various arrangements of the cross-
over passages 194/294/394 of the cooling arrangements
180/280/380, for example. The casting core 497 includes
a first portion 498 corresponding to the feeding cavity
184/284/384 and a second portion 499 corresponding to
the impingement cavity 186/286/386, for example. In oth-
er examples, the first portion 498 corresponds to the im-
pingement cavity 186/286/386, and the second portion
499 corresponds to the feeding cavity 184/284/384. One
or more crossover connectors 500, 500’, which may cor-
respond to one or more of the crossover passages
194/294/394, couple or otherwise connect the first por-
tion 498 and the second portion 499. Each of the cross-
over connectors 500, 500’ is arranged relative to a mean
camber line 475, 475’ corresponding to the airfoils
161/261/361 to define a passage angle (θ), (θ’). The
crossover connectors 500, 500’ can be arranged to have
a passage angle (θ), (θ’) according to any of the corre-
sponding crossover passages 194/294/394 disclosed
herein.
[0061] The cooling arrangements 180/280/380 dis-
closed herein can improve cooling augmentation to the
airfoil or vane, including areas susceptible to distress,
and can improve airfoil durability and component life. The
cooling arrangements 180/280/380 can also improve ef-
ficiency of the engine 20 due to reducing cooling supply
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demands, for example.
[0062] Although particular step sequences are shown,
described, and claimed, it should be understood that
steps may be performed in any order, separated or com-
bined unless otherwise indicated and will still benefit from
the present disclosure.
[0063] It should be understood that relative positional
terms such as "forward," "aft," "upper," "lower," "above,"
"below," and the like are with reference to the normal
operational attitude of the vehicle and should not be con-
sidered otherwise limiting.
[0064] The foregoing description is exemplary rather
than defined by the limitations within. Various non-limiting
embodiments are disclosed herein, however, one of or-
dinary skill in the art would recognize that various mod-
ifications and variations in light of the above teachings
will fall within the scope of the appended claims. It is
therefore to be understood that within the scope of the
appended claims, the disclosure may be practiced other
than as specifically described. For that reason the ap-
pended claims should be studied to determine true scope
and content.

Claims

1. An airfoil (61; 161; 262; 361), comprising:

an airfoil section (65; 165) having an internal wall
(189; 289; 389) and an external wall (188; 288;
388), the external wall (188; 288; 388) defining
pressure and suction sides (P, S) between a
leading edge (66; 166; 266; 366) and a trailing
edge (68; 168), and the airfoil section (65; 165)
defining a mean camber line (75; 175; 275; 375)
extending between the leading and trailing edg-
es (66, 68; 166, 168; 266; 366) to bisect a thick-
ness of the airfoil section (65; 165);
a first cavity (184; 284; 384) and a second cavity
(186; 286; 386) separated by the internal wall
(189; 289; 389), the second cavity (186; 286;
386) bounded by the external wall (188; 288;
388) at the leading edge (66; 166; 266; 366); and
at least one crossover passage (194; 294; 394)
within the internal wall (189; 289; 389) that con-
nects the first cavity (184; 284; 384) to the sec-
ond cavity (186; 286; 386), wherein the at least
one crossover passage (194; 294; 394) defines
a passage axis (PA), the passage axis (PA) de-
fining a passage angle (θ) with respect to the
mean camber line (75; 175; 275; 375) such that
the passage axis (PA) extends transversely
from the mean camber line (75; 175; 275; 375)
to intersect a surface of the second cavity (186;
286; 386).

2. The airfoil as recited in claim 1, wherein the passage
angle (θ) is between 15 degrees and 90 degrees,

optionally between 45 degrees and 75 degrees.

3. The airfoil as recited in claim 1 or 2, wherein the
passage axis (PA) intersects the suction side (S)
and/or the pressure side (P).

4. The airfoil as recited in claim 1, 2 or 3, wherein the
airfoil section (65; 165) extends in a spanwise direc-
tion from a 0% span position to a 100% span position,
and an outlet (196) of the at least one crossover pas-
sage (194; 294; 394) is defined at a span position
that is between the 80% span position and the 100%
span position.

5. The airfoil as recited in any preceding claim, com-
prising a plurality of film cooling passages (190) with-
in the external wall (188) and extending from a sur-
face of the second cavity (186), wherein the passage
axis (PA) intersects the external wall (188) at an in-
tersection point (P1), and the second cavity (186) is
free of any film cooling passages (190) aft of the
intersection point (P1).

6. The airfoil as recited in any preceding claim, wherein
the mean camber line (75; 175; 275; 375) intersects
the at least one crossover passage (194; 294; 394).

7. The airfoil as recited in any preceding claim, wherein
the at least one crossover passage (194) extends
between an inlet (195) and an or the outlet (196),
and the outlet (196) is spaced apart from the external
wall (188).

8. The airfoil as recited in any preceding claim, wherein
the airfoil (61; 161; 262; 361) is a turbine blade.

9. A casting core (497) for an airfoil (161; 262; 361),
comprising:

a first portion (498) corresponding to a leading
edge cavity (184; 284; 384) of an airfoil (161;
262; 361) and a second portion (499) corre-
sponding to a second cavity (186; 286; 386) of
the airfoil (161; 262; 361), the airfoil (161; 262;
361) defining a mean camber line (475, 475’)
that bisects a thickness of the airfoil (161; 262;
361) between pressure and suction sides (P, S)
of the airfoil (161; 262; 361); and
a plurality of connectors (500, 500’) coupling the
first portion (498) and the second portion (499),
the plurality of connectors (500, 500’) corre-
sponding to a plurality of crossover passages
(194; 294; 394) of the airfoil (161; 262; 361),
each of the plurality of connectors (500, 500’)
defining a passage axis (PA, PA’), wherein the
passage axis (PA, PA’) of each of the plurality
of connectors (500, 500’) is arranged at a cor-
responding passage angle (θ, θ’) relative to the
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mean camber line (475, 475’), the passage an-
gle (θ, θ’) being between 15 degrees and 90 de-
grees.

10. The casting core for an airfoil as recited in claim 8,
wherein the mean camber line (475, 475’) intersects
at least one of the plurality of crossover passages
(194; 294; 394).

11. The casting core for an airfoil as recited in claim 9
or 10, wherein the airfoil (161; 262; 361) is a turbine
airfoil (161; 262; 361).

12. A gas turbine engine (20), comprising an array of
airfoils (61; 161; 262; 361) circumferentially distrib-
uted about an engine axis (A), each airfoil (61; 161;
262; 361) of the array of airfoils (61; 161; 262; 361)
including an airfoil section (65; 165) having pressure
and suction sides (P, S) between a leading edge (66;
166; 266; 366) and a trailing edge(68; 168), the airfoil
section (65; 165) defining a mean camber line (75;
175; 275; 375) extending between the leading and
trailing edges (66, 68; 166, 168; 266; 366) to bisect
a thickness of the airfoil section (65; 165), facing
pressure and suction sides (P, S) of adjacent airfoils
(61; 161; 262; 361) defining a throat (77), the throat
(77) defined as a minimum distance between the fac-
ing pressure and suction sides (P, S) at a respective
span position, wherein the airfoil section (65; 165)
comprises:

an external wall (188; 288; 388) and an internal
wall (189; 289; 389);
a first cavity (184; 284; 384) and a second cavity
(186; 286; 386) separated by the internal wall
(189; 289; 389), the second cavity (186; 286;
386) bounded by the external wall (188; 288;
388) at the leading edge (66; 166; 266; 366); and
a plurality of crossover passages (194; 294; 394)
within the internal wall (189; 289; 389) and con-
necting the first cavity (184; 284; 384) to the sec-
ond cavity (186; 286; 386), each of the plurality
of crossover passages (194; 294; 394) defining
a passage axis (PA), and the passage axis (PA)
of each of the plurality of crossover passages
(194; 294; 394) is arranged at a corresponding
passage angle (θ) relative to the mean camber
line (75; 175; 275; 375) such that the passage
axis (PA) of each of the plurality of crossover
passages (194; 294; 394) intersects the external
wall (188; 288; 388) at a location between the
throat (77) and an aftmost location of the second
cavity (186; 286; 386) with respect to the engine
axis (A).

13. The gas turbine engine as recited in claim 12, where-
in the airfoil section (65; 165) extends in a radial di-
rection with respect to the engine axis (A) from a 0%

span position to a 100% span position, and an outlet
(196) of each of the plurality of crossover passages
(194; 294; 394) is defined at a respective span po-
sition that is between the 80% span position and the
100% span position.

14. The gas turbine engine as recited in claim 12 or 13,
comprising a plurality of film cooling passages (190)
within the external wall (188) and extending from a
surface of the second cavity (186), wherein:

the passage axis (PA) of at least some of the
plurality of crossover passages (194) intersects
the external wall (188) at an intersection point
(PI), and the second cavity (186) is free of any
film cooling passages (190) aft of the intersec-
tion point (PI), and/or
the passage axis (PA) of each of the plurality of
crossover passages (194; 294; 394) intersects
the suction side (S).

15. The gas turbine engine as recited in claim 12, 13 or
14, comprising a compressor section (24) and a tur-
bine section (28), with the array of airfoils (61; 161;
262; 361) located in at least one of the compressor
section (24) and the turbine section (28), wherein,
optionally, the array of airfoils (61; 161; 262; 361)
are rotatable blades.
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